
682 W. M. PRESZ JR. AND E. T. PITKIN J. AIRCRAFT

distribution of the model is seldom a good first-order ap-
proximation.

2) The pressure distribution on a steep afterbody exhib-
its a plateau pressure region near freestream pressure
when the recirculation region is of considerable extent and
depth.

3) The length of the separation region seems to be a
function of Mach number, with larger regions and earlier
separation occurring at high Mach numbers.

4) The point of separation on an afterbody cannot accu-
rately be determined from the pressure distribution alone.

5) Large discrepancies exist between existing separation
criteria and the data.

6) The separated region can be modeled fairly well by a
conical dividing streamline surface between the point of
separation and the point of reattachment. The inviscid
pressure distribution over the body including this dividing
streamline seems to be a good first-order approximation to
the actual separated pressure field.
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Nomenclature

A = area, in.2 (m2)
c = airfoil chord, in. (mm)
Cp = static pressure coefficient, [2(p - pi)]/[fe pi Mi2]
D = diffusion factor, 1 - V2/Vi + sin (02)[1 - Vy2/Vvi]/2<r
k - ratio of specific heats
/ = distance along the chord line from the leading edge, in.

(mm)
M — Mach number
p = static pressure, lbf/in.2 (pa)
P = total pressure, Ibf/m.2 (pa)
r = radius, in. (mm)
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s = airfoil spacing, in. (mm)
t = airfoil thickness, in. (mm)
V = velocity, fps (m/sec)
18 = angle measured from the axial direction, degrees (rad)
a = solidity, c/sec
co = total pressure loss coefficient, (P^ — P2)/(Pi — Pie)
ft = total pressure loss parameter, co cos (M/Zv
Superscripts
* = choked or airfoil mean line value

Subscripts
bw = bow wave
e = entrance
in = inflection
le = mean leading edge condition
max = maximum
min = minimum
p = profile
s = shock
te = trailing edge
tm = maximum thickness
y = tangential
1 = cascade inlet
2 = fully mixed and/or cascade exit condition

Introduction

FAN and compressor technology for air breathing propul-
sion systems is being advanced by operating these compo-
nents at higher through flow velocities and higher rota-
tional speeds. Increased through flow velocity results in a
higher airflow rate and higher thrust for a given compo-
nent size. The desired pressure ratio may be achieved
with fewer fan and compressor stages as the rotational
speed is increased. Greater through flow velocities and ro-
tational speeds cause higher Mach numbers and often re-
sult in poorer component efficiencies associated with in-
creased airfoil drag. Identifying these sources of increased
drag and devising means for minimizing their magnitude
is, therefore, a key to the process of advancing fan and
compressor technology.

The usual compressor design practice dictates that the
inlet Mach number relative to the rotor airfoils is higher
than that for stator airfoils. For example, a rotor airfoil
having a 1600 fps (488 m/sec) tip speed generally has a tip
inlet relative Mach number of about 1.6 while an airfoil in
the following stator row has a subsonic inlet absolute
Mach number at all radial locations. Achieving satisfacto-
ry advanced fan and compressor efficiency is, therefore,
chiefly concerned with the higher Mach number rotor air-
foils.

Rotor airfoil surface pressures and wakes may be easily
measured during stationary two-dimensional cascade test-
ing. The same rotor airfoil measurements are obtained
within a compressor only with extreme difficulty. A num-
ber of authors2'3 have shown that the flow processes with-
in a two-dimensional cascade tunnel are a reasonably good
facsimile of that within a compressor. The two-dimension-
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Fig. 2 Airfoil cascade parameters.

al cascade tunnel can, therefore, be utilized in the evalua-
tion of high Mach number rotor airfoils.

This paper presents the results of two-dimensional su-
personic cascade tunnel tests of two rotor airfoil sections
designed for the same inlet conditions. General aerody-
namic considerations as well as specific details of the two
rotor airfoil sections are given. Facilities and test proce-
dures are discussed. Test results are analyzed to deter-
mine the sources of drag.

Aerodynamic Design Considerations

Inlet conditions for the two rotor airfoil cascades consist
of a relative Mach number of 1.588 with an axial compo-
nent of 0.778, i.e., the airfoils are of the subsonic leading
edge locus type. The operation of this type of cascade re-
sembles that of a supersonic airbreathing engine inlet.
Both have two operating ranges, i.e., supercritical and
subcritical as shown' in Fig. 1. During supercritical opera-
tion, a region of supersonic flow extends across the pas-
sage formed by adjacent airfoils such that variations in
downstream operating conditions cannot be felt upstream
of the cascade. On the other hand, subcritical operation is
characterized by a predominantly subsonic passage flow
which permits downstream to upstream communication.

Nomenclature for upstream and downstream conditions
as well as several airfoil parameters is shown in Fig. 2.
Amin denotes the area of the passage formed by adjacent
airfoils at the throat, i.e., the minimum value. A left run-
ning Mach wave interests the suction surface and the
leading edge of the adjacent airfoil as shown in Figs. 2 and
3. The portion of the suction surface upstream of this
point is referred to as the entrance region, e.g., see Fig. 3,
and is the only element of the airfoil influencing the up-
stream flow during supercritical operation. j3*e is defined
as the angle between the secant line drawn through the
afore-mentioned point and the leading edge and the axial
direction. This is also known as the setting angle of the
entrance region.

The operating modes for cascades of the subsonic lead-
ing edge locus variety are primarily determined by the
area ratio, Amin/A*, and the incidence, fa - /3*e. A* de-
notes the critical throat area as determined by the Kan-
trowitz starting criterion.4 An area ratio greater than one
implies some margin for achieving a started passage con-
dition. The interactions between the incidence, area ratio,
and the cascade operating regimes are shown in Fig. 4.
Ideally the cascade cannot operate at negative values of
entrance region incidence nor values of area ratio less
than one.

Figure 4 is dominated by two constraint conditions, i.e.,
fa ~ fi*e = 0 and Amin/A* = 1. At any point on these

Mass Flow Rate

Fig. 1 Cascade operating modes.
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Fig. 3 Flow regions within an airfoil cascade of the subsonic
leading edge locus type.
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Fig. 4 Cascade operating regimes.

This promotes boundary-layer growth and improves
chances for separation.

Most supersonic airfoil leading edges are round/The
flow in the vicinity of the leading edge will, thus, resem-
ble flow around a right circular cylinder. Wind tunnel
tests8 of this configuration indicate that a substantial
pressure deficit is developed at a point on the surface
which is tangent to the freestream direction. Shortly
downstream of this point, the flow will be compressed
back to its freestream value causing thickening of the suc-
tion surface boundary layer. This effect can also be re-
duced by decreasing the leading edge radius.

Aside from the leading edge, the entrance region is the
only portion of the airfoil which influences the upstream
flow during started operation. For two-dimensional cas-
cade airfoils, upstream influences are minimized when the
entrance region is a straight-line segment which suggests
that this type of entrance region is near optimum.

lines the operation is supercritical. They differ in that one
is started, fa = /3*e, and the other is unstarted, Amin

 =

A*. When both fa > fi*e and Amin > A*, the cascade op-
erates in the subcritical mode. If fa > ($*e, the bow wave
of Fig. 3 is detached from the leading edge and flow spills
reducing the passage mass flow rate.

The values of the constraint conditions are effected by
additional aerodynamic considerations. In particular, the
entrance region incidence is influenced by the leading
edge radius and the entrance region boundary layer devel-
opment. In actual practice, the incidence condition is
given approximately by

Pi - P*e ^ 1.5° (0.026 rad) (D
The minimum area ratio is effected by passage and/or
airfoil camber and boundary layer blockage at the throat.
As a result, the area ratio constraint is increased approxi-
mately to 1.03 in the 1.5 Mach number range, i.e.,

Amin/A* > 1.03. (2)
As the inlet Mach number increases, the area ratio may
become appreciably less than one.5 This is the result of a
strong interaction between the passage oblique shock sys-
tem and the suction surface boundary layer causing sepa-
ration and a departure from the nearly normal shock used
in the definition of the Amin/A* constraint.

The previous discussion of the operating characteristics
of a supersonic cascade with subsonic leading edge locus
provides groundwork for a more detailed exposition of spe-
cific aerodynamic design considerations.

Leading Edge and Entrance Region

The performance of the cascade may be influenced in
several ways by the airfoil leading edge. As previously
stated, the leading edge thickness and/or radius is impor-
tant in determining the started flow incidence, i.e., as
rie/c is increased, fa - /3*e must be increased for started
flow. Figure 3 indicates that the entrance region contains
only left running waves and, thus, an increase in inci-
dence results in increasing the entrance region suction
surface Mach number. This contradicts the overall objec-
tive of the cascade and must be minimized.

Airfoil structural considerations dictate that the leading
edge radius assumes a finite value. As a consequence, a
detached bow wave is formed as shown in Fig. 3 and a
corresponding total pressure loss results. This loss is ap-
proximately proportional to the leading edge thickness.6'7
The bow wave total pressure loss is strongly Mach number
dependent—increasing with increased inlet Mach number.

The distribution of bow wave total pressure loss effects
the suction and pressure surface boundary layer develop-
ment. Streamlines at the edge of the boundary layer have
lower stagnation pressure than those in the freestream.

Throat Area

In a manner analogous to a supersonic inlet for an air-
breathing engine, various combinations of internal and ex-
ternal contraction may be selected to accomplish the de-
sired overall pressure ratio. The degree of contraction is
limited by the value of throat area required to satisfy the
starting area ratio constraint as previously discussed. Ex-
ternal contraction, i.e., located downstream of the en-
trance region and forward of the passage entrance, causes
a reduction in passage entrance Mach number and results
in a smaller allowable throat area. If only modest diffu-
sion is required, the optimum throat area may be some-
what larger than the value determined by the starting
area ratio constraint. Furthermore, performance at Mach
numbers which are less than the design value may be im-
proved by using a throat area which exceeds the optimum
design point value.

Exit Region

The exit region is defined as the portion of the airfoil's
pressure surface which is downstream of the passage
formed by adjacent airfoils, e.g., see Fig. 3. The exit re-
gion is similar to the entrance region in that it influences
the downstream flow in a manner analogous to the en-
trance region's effect on the upstream flow. The exit
Mach numbers typically range from 0.9 to 1.4 for pressure
ratios varying from 1.2 to 2.2. The near sonic downstream
flow is least disturbed when the exit region consists of a
straight line segment. Substantial curvature will likely re-
sult in the formation of shock waves and separation from
this portion of the pressure surface. Even under optimum
conditions, the flow leaving the cascade may be relatively
nonuniform as a consequence of a shock system which has
its origins at the trailing edge or in the passage formed by
adjacent airfoils. In some cases, this wave system has
been a source of considerable total pressure loss.

Shock Wave Boundary-Layer Interactions

It would be desirable to construct the airfoil such that
the surface pressure distributions were characterized by
continuous compression, i.e., no shock waves impinged on
the airfoil. This type of design would minimize the possi-
bility of boundary-layer separation. In practice, this is dif-
ficult to achieve and either expansion zones or shock
wave-boundary-layer interactions are accepted.

Airfoil Designs

The previous sections establish the bulk of the rea-
soning utilized in the design of the two airfoil sections. A
description of the designs is presented in the ensuing sec-
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Table 1 Airfoil design parameters

Parameter MCA uso

Fig. 5 MCA airfoil and the design wave pattern. Mi = 1.588.

tions. Both airfoil sections have the same chord, 2.5 in.
(635 mm) and leading edge radius, 0.005 in. (127 /um).
The first airfoil is a multiple circular arc (MCA) configu-
ration which represents conventional design practice.9 Its
performance is used as a standard of comparison for the
alternate design. The remaining airfoil is intended for op-
eration in the unstarted mode, i.e., an unstarted strong
oblique shock (USO) airfoil.

Multiple Circular Arc Airfoil

This configuration has a meanline consisting of two cir-
cular arcs and a parabolic thickness distribution. The cir-
cular arcs are joined at an inflection point where they
have the same slopes. The thickness is measured normal
to the meanline and is determined from two functions of
meanline arc length. One function applies from the lead-
ing edge to the maximum thickness location and the other
applies for the remainder of the meanline. The nine pa-
rameters determining the design are: maximum thickness
to chord ratio, leading edge radius to chord ratio, trailing
edge radius to chord ratio, spacing to chord ratio, the
location of maximum thickness, the inflection point loca-
tion, and the meanline leading edge, inflection point, and
trailing edge angles. Values of the afore-mentioned pa-
rameters as well as the relevant aerodynamic conditions
are given in Table 1. The conventional loss model10 was
used to predict the total pressure loss coefficient, co.

Values of the first five parameters of Table 1 are typical
of conventional MCA fan rotor tip airfoil sections. The
sixth parameter, lin/c, has been chosen so that the inflec-
tion point occurs at the passage entrance. The quantity, a
sin 0*i is used to determine lin/c. Values for the three
meanline angles are determined by specifying three design
constraints: an entrance region incidence of 1.5° (0.026
rad), a Amin/A* ratio of 1.03, and a zero deviation angle
between the trailing edge pressure surface tangent and the
exit flow direction.

This group of parameters should result in started mode
operation at the design point. The MCA airfoil design and
its wave pattern—predicted by the method of characteris-

Zmax/C
rie/c
Title
cr
ltm/C

lin/C

01
0*1

02

0*2

0*m

Mi

M2
CO

0.025
0.002
0.002
1.217
0.500
0.713
60.32°
56.66°
61.40°
57.74°
60.78°
1.588
0.982
0.241

(1.053
(0.989
(1.072
(1.008
(1.061

rad)
rad)
rad)
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0.700
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65.19°
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1.000
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.997 rad)

.138 rad)
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Fig. 6 USO airfoil and the design wave pattern. Mi = 1.588.

tics—is shown in Fig. 5. The airfoil has negative camber
in its forward portion resulting in an approximately
straight line entrance region segment and a corresponding
expansion system on the forward portion of the pressure
surface. A strong interaction takes place between the left
running trailing edge compression wave and the pressure
surface boundary layer of the adjacent airfoil. A system of
shock waves exists in the downstream flowfield for this
operating point.

Unstarted Strong Oblique Shock Airfoil

As previously stated, this airfoil is designed to operate
in the unstarted mode. A combination of two-dimensional
boundary layer and potential flow techniques was used to
establish the desired pressure distribution and corre-
sponding airfoil shape. The intended wave pattern and
airfoil shape are shown in Fig. 6. The design intent em-
ployed in this instance is qualitatively similar to that used
by Morris et al.11

The entrance region is again a straight line segment
with a leading edge wedge angle of 3° (0.052 rad). Com-
pression is achieved by a left running wave system ema-
nating from the convex portion of the suction surface just
aft of the entrance region and by a right running strong
oblique shock wave which is a continuation of the leading
edge bow wave. The Mach number downstream of this
shock is approximately 0.9. A straight line segment—par-
allel with the desired exit flow direction—is used for the
exit region. The passage formed by adjacent airfoils con-
sists of arcs from two concentric circles. Radii of the pres-
sure and suction surface arcs equal six and seven passage
heights, respectively. Displacement thicknesses are ob-
tained from boundary-layer calculations and are used to
determine the actual airfoil surface once the effective sur-
face has been established. An exception is in the region of
the strong oblique shock interaction with the suction sur-
face boundary layer. Calculations indicate separation in
this region and experimental results12 for a similar situa-
tion are used to establish the displacement thickness.
Reattachment should occur immediately upstream of the
trailing edge.

Of the two designs, the USO configurations has the high-
est solidity. Moreover, the Amin/A* ratio for the USO de-
sign is 0.99 and the predicted total pressure loss coeffi-
cient is 0.121 based on the design wave system and
boundary layer thicknesses. Airfoil parameters are includ-
ed in Table 1.

Experimental Facilities

The airfoil cascades were designed for operation in the
supersonic wind tunnel shown in Fig. 7. This tunnel uses
filtered, dried, and temperature controlled air and is a
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Fig. 7 Over-all view of the supersonic wind tunnel.

continuous flow, nonreturn system. The test section exit is
evacuated by steam ejectors. The nozzle block boundary
layers are removed by means of upper and lower bleed
ducts (see Fig. 8). An auxiliary steam ejector is used to
remove the sidewall boundary layers. The test section is
mechanized so that a cascade of airfoils can be rotated
while the tunnel is operating.

Cascade Experimental Design

A number of general factors must be considered in the
design of a cascade experiment. First, the proper inlet
flow conditions must be established. Second, the exit con-
ditions must be set up correctly for they are no less im-
portant or less difficult to simulate than the inlet flow
conditions. Third, the blade aspect ratio must be chosen
such that all experimental data is obtained at the same
value of the axial velocity-density ratio.

With respect to the cascade inlet conditions, consider-
ation must be given to flow velocity, flow direction, and
the institution of a periodic flow pattern to simulate an
infinite cascade. The following features are incorporated
in the cascade design in order to provide the desired flow
conditions:

1) Top and bottom bleed system. The bleed system
prevents the nozzle boundary layers from entering the
cascade flowfield. They also provide paths for spillage so
that the exit and inlet operate independently.

2) Upstream wedge. A sharp wedge is mounted up-
stream of the cascade. The inlet flow direction and Mach
number are determined by the orientation of the wedge

Fig. 8 Compressor cascade test section schematic.

with regard to the airfoils and the nozzle flow, respective-
ly.

In order to obtain the desired two-dimensional cascade
configuration, i.e., an axial velocity-density ratio of one,
and minimize sidewall boundary-layer-cascade flow in-
teractions, a boundary-layer control system is employed.
The system utilizes a porous bleed strip and is shown in
Fig. 8. This type device is not optically restrictive and
schlieren photographs of the cascade were obtained.

Data Acquisition and Processing

The wind tunnel of Fig. 7 is equipped with an instru-
mentation system which is centered around a laboratory-
sized digital computer providing rapid on-line data acqui-
sition and reduction. The use of the computer makes it
possible to acquire raw data, convert it to engineering
units, and make computations while the experiment is in
progress. This enables personnel to evaluate the experi-
mental data during the test. Decisions to repeat some
phases of the test can be made instantly.

The digital computer is used for control of instrumenta-
tion, data acquisition, and data reduction. In this mode,
the computer operates a digital voltmeter, an electronic
scanner, stepping motors used in pressure measurements,
indexer for positioning the conical probe, and the comput-
er input/output equipment. During wind-tunnel opera-
tion, the computer automatically acquires all data re-
quired to determine the cascade performance characteris-
tics. Pressure measurements are obtained from four 48
port computer controlled rotary valves providing a pres-
sure measurement capacity of 192 channels. Differential
pressure measurements are obtained from individual
transducers as required. The test section angular setting
and the cone probe position are also measured using the
computer system.

During data acquisition, the computer performs two ad-
ditional functions. The first three active ports on each of
the four rotary valves are used for three reference calibra-
tion pressures. Each time the computer initiates a set of
pressure readings, the reference values are measured pro-
viding direct on-line calibration of the pressure transduc-
ers. Secondly, the wind-tunnel total pressure and temper-
ature are monitored during each test point. If the temper-
ature or pressure varies outside a preset tolerance, the
computer automatically presents the out-of-limit reading.
The immediate data can be rejected and remeasured, the
complete data set for the test point rejected and a new
data set initiated, or the out-of-limits condition can be
overridden and the test continued.

After the desired test condition is established, the on-
line instrumentation system completes the acquisition
and reduction of the experimental data. This includes de-
fining the cascade inlet flowfield, positioning a conical
probe at discrete points downstream of the airfoils to de-
termine blade-to-blade flowfield properties, mass averag-
ing and mixing13 the blade-to-blade data thus specifying
equivalent uniform properties, defining airfoil surface and
sidewall performance, and plotting airfoil and blade-to-
blade distributions of selected flowfield properties. For
each test condition, a total of 450 measurements were
made to define the cascade performance. The data reduc-
tion procedures are described in detail by McClure et al.14

Analysis of Results

The experimental results are subdivided into three
areas and discussed in the following sections. First, the
cascade operating regimes are reviewed. Second, the mea-
sured and predicted airfoil pressure distributions are dis-
cussed. Third, the over-all cascade performance is re-
viewed and the total pressure loss coefficient is broken
down into its major elements.
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Fig. 9 Experimentally determined cascade operating modes.
Mi = 1.588.

Fig. 11 Schlieren photograph of the MCA cascade. Mi
1.588 and pa/Pi = 1-777.

Cascade Operating Modes

Regions of subcritical and supercritical operation were
determined by means of sidewall static pressure taps just
forward of the airfoil leading edge. These measurements
are very sensitive to changes in bow wave position and can
be used to indicate subcritical operation. The leading
edge Mach number is computed by averaging the leading
edge static pressure measurements and

-«]}'" (3)

A change in Mie while Mi is constant implies a subcritical
operating point. Mie/Mi as a function of the static pres-
sure ratio, P2/P1, for the two cascades is shown in Fig. 9.
Figure 1 indicates that a vertical slope corresponds to su-
percritical operation while a non-vertical slope denotes a
subcritical regime. It is quite obvious that both cascades
exhibit an extensive supercritical and subcritical operat-
ing range with the transition between the two occurring
abruptly. The MCA cascade achieves its design pressure
ratio prior to spill or subcritical operation. The USO cas-
cade operates subcritically at its design pressure ratio.
The MCA and USO designs exhibit unsteady flow during
subcritical operation; however, the flow is stable under
supercritical conditions.

Figures 10 and 11 are schlieren photographs of the
MCA cascade at static pressure ratios of 1.160 and 1.777.
The leading edge pressure taps are clearly visible. Even
though there is a substantial variation in static pressure

Fig. 12 Schlieren photograph of the USO cascade. .
and p2/pi = 1.087.

= 1.588

Fig. 10 Schlieren photograph of the MCA cascade. Mi =
1.588 and p2/pi = 1.160.

Fig. 13 Schlieren photograph of the USO cascade. Mi = 1.588
andp2/pi = 2.195.

ratio, the bow and passage oblique shock systems are sim-
ilar indicating that the bulk of the compression process is
occurring in the trailing edge shock system.

Schlieren photographs of the USO cascade are shown in
Figs. 12 and 13. In this case, a supercritical and subcriti-
cal operating point have been chosen. A substantial in-
crease in the bow wave detachment distance occurs under
subcritical conditions and manifests itself as a reduction
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Fig. 14 Static pressure coefficient distribution for the MCA
cascade. Mi = 1.588.

in Mie/Mi. At a p2/pi value of 2.195, the bulk of the pres-
sure rise is accommodated by the nearly normal passage
shock wave.

Airfoil Surface Pressure Coefficients

Airfoil static pressure distributions for an inlet Mach
number of 1.588 are shown in Figs. 14 and 15 for the MCA
and USO cascades, respectively. The static pressure dis-
tribution is presented as the variation of static pressure
coefficient with chordwise location for both the suction
and pressure surfaces. Design values of the static pressure
distribution are compared to the experimental results at
two static pressure ratios, i.e., the points having the high-
est supercritical and subcritical pressure ratios.

The MCA values of Fig. 14 for supercritical and subcri-
tical operation at static pressure ratios of 1.777 and 1.872,
respectively, differ considerably in shape which is consis-
tent with the change in operating mode. The design
values are in closer agreement with the supercritical case
than with the subcritical one. The measured suction sur-
face supercritical pressure distribution is virtually identi-
cal to the design predictions. The pressure surface values
differ in the vicinity of the passage shock impingement
point. The calculations treated the impinging shock as a
zero thickness discontinuity while the pressure increase
actually occurs over a finite distance. For the subcritical
static pressure ratio, 1.872, the pressure surface shock im-
pingement point has moved forward resulting in a possible
boundary-layer separation. The suction surface pressure
distributions are similar in both cases.

USO experimental values of static pressure coefficient
are compared to design values in Fig. 15. The measured
subcritical pressure distribution, i.e., P2/P1 = 2.195, is

0.6

Cn 0.4

0.2
, A ^ O O ^ A

^ Pressure Surface Suction Surface

O 1.793
* 2.195

—— Design

A L793
A 2.195

—— Design

0.4 0.6 0.8

0.15-

0.10

0.05 Legend:
O MCA Airfoil
O USO Airfoil

1 7 0 L Z 174 176 O 2.0 2.2
P2'Pl

Fig. 16 Over-all cascade aerodynamic efficiency. Mi = 1.588.

within ±0.1 of the design values except on the forward
one-half of the pressure surface. The convex circular arc
which forms this portion of the airfoil surface apparently
causes a reduction in the static pressure coefficient which
was neglected in the design predictions and may lead to
an unanticipated thickening of the pressure surface
boundary layer. The predicted shock impingement loca-
tion, i.e., an 1/c of 0.67, is in agreement with the mea-
sured value.

Over-All Cascade Performance

The aerodynamic efficiencies of the two designs are
compared by considering the variation of total pressure
loss coefficient, co, with static pressure ratio. Fig. 16. All
data are again for a design inlet Mach number of 1.588.
The MCA cascade has the lowest total pressure loss coef-
ficients at low to intermediate pressure ratios; however
when P2/P1 values exceed 1.9, the USO design is superior.
The USO cascade has total pressure loss coefficients
values which are consistent with the design prediction of
0.121. On the other hand, the MCA airfoil losses are much
less than the calculated value of 0.241 except at subcriti-
cal operating points.

The total pressure loss coefficient can be subdivided
into shock and profile components by analyzing the blade-
to-blade pressure measurements. In particular it is as-
sumed that

u> = cos + wp (4)

where
P^ -P.2max

-Pie
(5)

The bow wave loss coefficient is obtained theoretically
and varies from 0.011 to 0.008 for the MCA cascade for
the supercritical and subcritical conditions, respectively.
The USO values range from 0.011 to 0.003 for the two op-
erating modes. The profile total pressure loss coefficient
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Fig. 15 Static pressure coefficient distribution for the USO
cascade. Mi = 1.588. Fig. 17 Shock total pressure loss coefficient. Mi = 1.588.
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Fig. 18 Profile total pressure loss coefficient. Mi = 1.588.
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Fig. 19 Profile total pressure loss parameter. Mi = 1.588.

can be further characterized by the profile loss parameter
where

fy, = u>p cos /32/2a (6)

The results of the aforementioned analysis are present-
ed in Figs. 17-19. Again all values correspond to an inlet
Mach number of 1.588. The shock total pressure losses
vary from about 0.03 to 0.08 for supercritical and subcriti-
cal operation. These values range from about one-quarter
to one-half of the Hartmann10 value of 0.133 at a Mi
value of 1.588.

The profile total pressure losses are shown in Figure 18.
As might be expected, the USO values are fairly uniform
throughout the pressure ratio range. This is due to the
dominance of the losses by the suction surface boundary-
layer-shock wave interaction which is not strongly depen-
dent on the pressure ratio; e.g., see Fig. 15. The MCA
cascade values, however, vary markedly from the super-
critical to the subcritical case. This may be due to the oc-
currence of a pressure surface boundary-layer separation
at the higher static pressure ratios. The presence of sepa-
rated regions on the airfoil surfaces contributes to the pro-
file losses in an indirect manner. At the separation point,
the skin friction approaches zero and, thus, the viscous
drag decreases; however, the form drag generated by the
separation bubble is proportional to the square of the ve-
locity and increases drastically for high Mach numbers.
Consequently, extensive regions of separated flow can
markedly influence profile losses.

The profile total pressure loss parameter is shown in
Fig. 19 and is similar to Fig. 18. The use of this grouping
of variables has reduced the data scatter somewhat; nev-
ertheless, the rapid increase in profile losses for the MCA
cascade under subcritical conditions is still present. The
dashed line in this figure—labeled Two-dimensional low
speed Cascade data—is from a correlation15 of NASA 65
series airfoil experiments at very low Mach numbers. The
MCA cascade is approaching this limit even though there
is a substantial increase in Mach number.

Conclusions

Based on the analysis of the experimental results for the
airfoil cascades, the following conclusions can be drawn.
1) The MCA is superior to the USO cascade in the super-
critical mode while the converse is true for subcritical op-
eration. 2) The USO cascade achieves the highest static
pressure ratio. 3) The experimental flow patterns general-
ly agreed with the design intent. 4) The shock total pres-

sure loss is usually less than half the value predicted by
the Hartmann method. 5) Neither of the cascades repre-
sents an optimum design. Furthermore it is recommended
that leading edge effects be investigated in detail and par-
ticular attention be given to the airfoil pressure surface.
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